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TRANSONIC  WIND-TUNNEL  INVESTIGATION  OF  STATIC-PRESSURE 

FLUCTUATIONS  IN  DUCT  OF A SCALF: INLET MODEL 

OF A SUPERSONIC  FIGHTER-BOMBER AIRPLANE 

By  Joseph D. Brooks 

SUMMARY 

A transonic  investigation  of  the  static-pressure  fluctuations  in 
the  left  duct  of a scale  inlet  model  of a supersonic  fighter-bomber  air- 
plane  has  been  conducted  in  the  Langley  8-foot  transonic  tunnel. The 
model  consisted  of  the  forward  part  of  the  fuselage  with  wing  stubs 
incorporating  wing  leading-edge  scoop-type  inlets. The amplitude  and 
frequency  of  the  pressure  fluctuations  were  measured by means  of m 
electrical  pressure  gage  mounted  flush  with  the  diffuser  wall  at  Mach 
numbers  of 0.90, 0.93, and l.lO.at mass-flow  ratios  that  varied  from 
approximately 0.60 to  the  maximum  obtainable.  Measurements  were  made 
at  angles  of  attack  from -4O to 10' and  angles  of  yaw  from -10' to 5.2'. 

The maximum  pressure  fluctuations  were  comparatively  low  and  did  not 
exceed 4 percent  of  free-stream  total  pressure.  The  largest  fluctuations 
occurred  at  the  maximum  mass-flow  ratio  at  each  Mach  number. A decrease 
in  the  height  of  the  boundary-layer  diverter  at  Mach  numbers  of 0.90 
and 1.10 reduced  appreciably  the  effect  of  yaw  on  the  pressure  fluctua- 
tions  at  the  high  mass-flow  ratios.  Power-spectral  analyses  of  these 
data  indicate  considerable  power  in  the  spectra  at  the  predominant  duct 
resonant  frequency  at  each  Mach  number. An increase  in  the  flow  distor- 
tions  at  the  compressor  face  is  generally  associated  with an increase  in 
the  amplitude  of  the  pressure  fluctuations. 

INTRODUCTION 

A transonic  investigation  of  the  aerodynamic  characteristics  of a 
scale  inlet  model  of a supersonic  fighter-bomber  airplane  with  wing 
leading-edge scoop-tne inlets  was  made  in  the  Langley  8-foot  transonic 
tunnel.  The  investigation  provided  information  on  the  pressure  recovery, 
the  flow  .distortion  in  the  duct  at  the  station  corresponding to the 
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engine  face, and the  pressure  f luctuat ions  in   the diffuser section of 
t he   l e f t   duc t .  The purpose of t h i s  paper i s  t o  show the amplitude and 
frequencies of the  pressure  f luctuations a t  transonic speeds. Large 
pressure  f luctuations at a particular  frequency can  be  very  destructive 
to   the  duct ing and to   the   a i rc raf t   engine  and, in  addition,  the  per- 
fomnance of a diffuser  i s  reduced by in s t ab i l i t y .  It is d i f f i c u l t   t o  
pred ic t   the   s tab i l i ty  of any part icular   configurat ion,   and. l i t t le   infor-  
mation i s  available on pressure  f luctuations  in  supersonic  inlets at 
transonic  speeds. 

The pressure  f luctuations were measured at Mach numbers of 0.90, 
0.95, and 1.10 at mass-flow ra t ios   tha t   var ied  from approximately 0.60 
t o   t h e  maximum obtainable. Measurements were made at angles of yaw from 
-10' t o  approximately and a few measurements were made a t  angles of 
a t tack up t o  10'. A t  the  higher mass-flow r a t i o s   a t  Mach numbers  of 
0.90 and 1.10, measurements were also  obtained  with  gloves on the body 
tha t  reduced  the  height of the boundary-layer d ive r t e r   a t  each in l e t .  

SYMBOLS 

A duct  cross-sectional  area 

Ap 

cP 

projected  area of i n l e t  (5.00 sq in.  on model) 

P - P, 
pressure  coefficient, 

9 

I / P  loca l   s ta t ic   p ressure  

*t loca l   t o t a l   p re s su re  

P t  ' duct   local   to tal -pressure  ra t io  

V M  free-stream Mach  number 

9 free-stream dynamic pressure, I. p v 2 m m  

V velocity of flow i n  duct 

W duct  mass-flow ra te ,  pAV 



duct  mass-flow  ratio;  value  based  on  projected  area  of  inlet, 
W 

PWV,,AP 

angle  of 
center 

pressure 
gage 

attack  of  model  measured  from  fuselage  horizontal 
line,  deg 

fluctuation  across  diaphragm  of  electrical  pressure 

maximum pressure-fluctuation  coefficient  of 4 3  (peak  to  peak) 

root-mean-square  pressure-fluctuation  coefficient  of 4 

power-spectral-density  function  of & 

mass  density  of  flow  in  duct 

angle  of  yaw  of  model,  measured  positive  when  model  nose  is 
to  the  right,  deg 

Subscript: 
W free  stream 

APPARATUS AND TESTS 

Tunne 1 

The fluctuating  pressure  measurements  reported  herein  were  made  in 
the  duct  of  an  inlet  model  in  the  Langley  8-foot  transonic  tunnel.  This 
tunnel has a slotted  test  section  to  allow  continuous  operation  through 
the  transonic  speed  range  and  operates  at a stagnation  pressure  approxi- 
mately  equal  to  atmospheric  pressure.  During  this  investigation  the  tun- 
nel  stagnation  temperature  varied,  depending  on  atmospheric  conditions, 
from  approximately 115' F to 130' F at M = 0 .go, 125' F to 145O F at 
M = 0.95, and 140° F to 160° F at M = 1.10. A detailed  description  and 
calibration  of  the  tunnel  are  presented  in  reference 1. 

Model 

The  model  used  in  this  investigation  is a scale  inlet  model of a 
supersonic  fighter-bomber airplane. The model  included  the  forward  part 

7 
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of the  airplane  fuselage  with wing stubs  incorporating wing leading-edge 
scoop-type in l e t s .  Measurements were obtained  with and without a glove 
attached  to  each  side of the  fuselage. The gloves widened the  fuselage 
and in   e f f ec t  reduced  the  height of the  boundary-layer  diverter. A 
sketch of the  model i s  shown in   f i gu re  1 and photographs of the model 
are shown i n  figures 2 and 3 .  

I 
Each semiel l ipt ical   duct  from t h e   l e f t  and r i g h t   i n l e t s  converges 

and  forms a semicircular  duct  as shown in  the  sect ion drawings of f ig -  
ure 1. 'The divider  plate  that   separates  the  semicircular  ducts  termi- 
nates  behind  the  station  corresponding  to  the  engine  face  location. : A 
motor-driven t h r o t t l e  at the  base of the model was  used  during  the  investi- 
gation  for  varying  the mass flow in   t he  model. Figure 4 shows the 
var ia t ion of the  total   duct   cross-sect ional  area with  fuselage  station. 

Instrument at ion 

The pressure  f luctuations were measured at the lower surface of 
t h e   l e f t  duct  with  an  electrical  pressure gage of the  type  described  in 
reference 2. .  The gage w a s  located  approximately midway between the 
i n l e t  and the  station  corresponding  to  the  engine  face as indicated  in 
figure 1. The pressure gage w a s  referenced t o  a steady  pressure and the 
e lec t r ica l   s igna l  from the gage was amplified and recorded by an  oscil- 
lograph and a tape  recorder. A par t  of  two typical  oscillograph  records 
is shown in   f i gu re  5 .  

-. Mass flow  through  the  duct system was computed from the average of 
the  values  determined  from two survey  rakes - an  upstream  rake  located 
at   the  fuselage  station  corresponding  to  the  engine  face and a downstream 
rake  located  near  the  exit of the  duct. The rake  located a t   t h e   s t a t i o n  
corresponding t o   t h e  engine  face was also used for   pressure  prof i le  
studies and contained 28 total-pressure  tubes and 9 static-pressure 
tubes. 

The angle  of  attack w a s  measured by a strain-gage  att i tude  trans- 
mitter.  The instrument was mounted in  the  fuselage.  

Tests 

Data were obtained a t  mass-flow rat ios   that   var ied from  approxi- 
mately 0.60 t o   t h e  maximum obtainable  at  Mach numbers  of 0.90, 0.95, 
and 1.10. Measurements were made a t  angles of a t tack from -40 t o  10' 
generally at reduced  mass-flow ra t io s  and a t  angles of  yaw from -loo 
t o  5 . 2 O  a t  mass-flow r a t i o s  above 0.80. A t  Mach numbers  of 0.90 and 1.10, 
measurements were a l so  made with  gloves on the  fuselage and with a 
t r ans i t i on   s t r ip  5.5 inches from the model nose. The free-stream 
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Reduction  of  Data  and  Accuracy 

For  each  test  point,  a  power-spectral  analysis  and  an  overall 
root-mean-square  pressure  was  obtained  from  the  tape  recordings  with an 
electronic  analog  analyzer.  The  tape-recording  system  and  the elec- 
tronic  analyzer are described  in  reference 3 .  The maximum  peak-to-peak 
pressure  fluctuations  were  determined  from  the  oscillograph  records  as 
shown  in  figure 5. 

Because  of  the  random  nature  of  the  flow,  each  test  point  of  the 
data  was  obtained  over  a  period  of 45 seconds,  and  15-second  data 
samples  were  analyzed. 

The  accuracy  of  the  root-mean-square  and  the  maximum  pressure- 
fluctuation  coefficients  are  estimated  to  be  within +lo percent  in  the 
frequency  range  from 0 to TOO cps.  The  power  spectra  have  a  frequency 
range  from  about 25 to TOO cps  and  the  frequency  scales  on  the  figures 
are  estimated  to  be  correct  within +l5 cps.  The  amplitudes  of  the 
power  spectra  are  believed  to  be  correct  within +lo percent  except  for 
the  high  amplitude  peaks  (at  resonant  frequencies)  that  are  much  larger 
and  narrower  than  indicated.  No  attempt  was  made  to  correct  these  peaks 
since  the  relative  amplitudes  shown  in  the  figures  are  comparable. 

The  average  stream  Mach  number  was  held  within 9.003 of  the  nominal 
value  given  in  the  figures.  The  model  angle  of  attack  and  angle  of  yaw 
are  estimated  to  be  correct  within +O. 1'. 

RESULTS AND DISCUSS I O N  

Amplitude  Characteristics  of  Pressure  Fluctuations 

The  variation  of  the  root-mean-square  pressure  coefficient  and  the 
maximum  pressure  coefficient  with  mass-flow  ratio  for  various  angles  of 
attack  and  yaw  are  shown  in  figure 6. Flags  on  the symbols serve  to 
identify  the  test  points  with  transition  strip  and  those  with  gloves  on 
the  fuselage.  The  root-mean-square  turbulence  level  in  the  tunnel, 
measured  in  the  vertical  plane  of  the  free-stream  flow  with  a 3 O  conical 
probe,  is  included  in  the  figure. 

The  overall  variation  of  the  root-mean-square  pressure-fluctuation 
coefficients  with  mass-flow  ratio  in  figure 6 is  approximately  the same 
as  the  variation  of  the maxim values  at  each  Mach  number. 
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With  increasing  mass-flow  ratio up  to 0.80, only  a small variation 
in  the  pressure  fluctuations  occurs at each  Mach  number.  The  level  of 
the  fluctuations  is  low a.kd some of  the  root-mean-square  values  are  only 
about 30 percent  larger  than  the  level  of  the  tunnel  turbulence. At 
mass-flow  ratios  above 0.80, the  pressure  fluctuations  increased  very 
rapidly.  The  largest  fluctuations  occurred  at  the maximum obtainable 
mass-flow  ratio  at  each  Mach  number  and  are  approximately  three  to  five 
times  those  measured  at  mass-flow  ratios  below 0.80. Unpublished  data 
indicate  that  the  inlet  is  choked  at  the  maximum  obtainable  mass-flow 
rat  io. 

The  amplitude  of  the  pressure  fluctuations  generally  increases  as 
the  angle  of  yaw  increases  at  mass-flow  ratios  above 0.80 (fig. 6). The 
largest  values  measured  are  at \Ir = -10' when  the  left  inlet,  containing 
the  electrical  pressure  gage,  is  blanketed or shielded  by  the  forward 
part  of  the  body. (No data  were  obtained  at \Ir = 10'. ) The  steady-state 
pressure  coefficients  on  the  left  side  of  the  fuselage,  forward  of  the 
left  inlet,  are  shown  in  figure 7 at  various  'angles  of  yaw  at  Mach 
numbers  of 0.90 and 1.10. In figure 7, the  pressure  coefficients  become 
positive  at  the  inlet (21 inches  from  the  model  nose)  and  there  is  no 
indication  of  flow  separation  at  least  from  the  nose  of  the  model  back 
to  the  inlet. 

The  effects  of  the  fuselage  gloves  on  the  pressure  fluctuations  at 
various  angles  of yaw are  shown  in  figure 6 at  mass-flow  ratios  of 
approximately 0.83 and 0.87 and  at  Mach  numbers  of 0.90 and 1.10. With 
gloves  on  the  fuselage,  the  pressure  fluctuations  do  not  vary  appreciably 
at  either  Mach  number or mass-flow  ratio  when  the  model  is  ya,wed.  At  a 
mass-flow  ratio  of 0.83, the  fluctuations  with  gloves  on  the  model  are 
reduced  to  about  the  same  amplitude  as  those  measured  at  reduced  mass- 
flow  ratios  without  gloves.  Comparing  the  effect  of  the  fuselage  gloves 
on  the  pressure  coefficients  at  a  yaw  angle  of -10' (fig. 7) indicates 
that  the  fuselage  gloves  reduce  the  adverse  pressure  gradient  forward 
of  the  inlet. 

No appreciable  effect  of  the  fuselage  transition  strip  and  angle 
of  attack  was  noted  in  figure 6. A few measurements  at  large  angles of 
attack or at  combined  angles  of  attack  and yaw indicate an increase  in 
the  amplitude  of  the  fluctuations;  however,  a  complete  range  of  measure- 
ments  was  not  obtained,  particularly  at  high  mass-flow  ratios. 

In  reference 4, the  results  of  an  investigation  of  the  air-flow 
stability  in  the  duct  of  an  airplane  model  with  scoop-type  normal-shock 
inlets  are  presented  at 0' angle  of  attack  and  yaw.  The  magnitude  of 
the  maximum  (peak-to-peak)  pressure  fluctuations  varied  from 1 to 2 per- 
cent  of  free-stream  total  pressure  at  Mach  numbers  of 0.80 and 1.30, 
respectively.  The  magnitude  of  the  largest  fluctuations  obtained  in 
the  present  investigation,  without  gloves  on  the  fuselage,  vary  from 
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approximately 3 percent of free-stream  total   pressure a t  a Mach  number 
of 0.9 t o  about 4 percent at a Mach  number of 1.10. With gloves on the  
fuselage,   the  f luctuations were reduced t o  about 2 percent a t  a Mach 
number of 0 .gO and 3 percent a t  a Mach  number of 1.10. It appears  that 
t he  maximum pressure  f luctuat ions  that   occurred  in   this   invest igat ion 
are comparatively low considering  the complex ducting  system employed 
i n   t h e  model. 

Power-Spectral  Analyses 

Power spectra of the  pressure  f luctuations  are shown i n  figures 8, 
9, and 10. When possible, comparisons are made t o  show the  general  
e f fec t  of Mach number, mass-flow ratio,   angle of yaw with and without 
gloves, and angle of attack. Each point on these  spectra  represents  an 
estimate of the  average power of a frequency  band  width of about 25 cps. 
This band width results i n  a reduction  in  the  amplitude and sharpness 
t o  peaks  narrower  than 25 cps. Because of this,   analyses were made of 
a f e w  tes t   points ,   obtained a t  reduced  mass-flow ratios,   using a f i l t e r  
band width of 3 cps. The result ing  spectra  indicated a large peak, or 
spike, a t  a frequency of about 400 cps a t  Mach numbers  of 0 . 9  and 0.95 
and a t  about 250 cps a t  a Mach  number of 1.10. The t rue  amplitude of 
the  spectrum at  the  spike can  be  estimated  by  considering a l l  of the  
power i n   t h e  peak shown in  the  f igures  concentrated a t  the peak  frequency. 

A theoret ical   calculat ion of the  fundamental  duct  resonant  frequency 
was made for  the  supersonic Mach  number of 1.10 at  a mass-flow r a t i o  of 
0.70 by using  the  quasi-one-dimensional-flow  (plane-wave)  theory of 
reference 5 .  The t i m e  required  for a wave t o   t r a v e l  from t h e   i n l e t   t o  
t he   ex i t  and then   re turn   to   the   in le t   resu l ted   in  a frequency of approxi- 
mately 236 cps.  This is i n  fa i r  agreement with  the  peak  that  appears 
i n   t he   spec t r a  a t  a Mach  number of 1.10. 

According to   the  data   presented  in   reference 5, it appears  that  the 
frequency measured in   t he  model duct  can be sca led   to   the   fu l l - sca le  
a i rplane  for   the same tes t   condi t ions  by  the  inverse   ra t io  of the  duct 
lengths. It is  believed  that  the  amplitude of the  f luctuat ions measured 
in   t he  model  would be nearly  equal  to that measured in   t he   fu l l - s ca l e  
airplane f o r  a given  duct  location. 

Power spectra of the  pressure  f luctuat ions  in  free-stream flow and 
i n   t h e  model duct, at a = Oo and = Oo, at  a moderate and a high 
mass-flow r a t i o  are shown i n  figures 8(a) and 8(b) at Mach numbers of 
0 . 9  and  approximately 1.10, respectively. A t  t he  moderate  mass-flow 
ra t io ,   t he  root-mean-square pressure  f luctuation  coefficients measured 
i n   t h e  model duct are not  appreciably  larger  than  those measured i n   t h e  
free-stream flow in   the   tunnel ,   bu t  no peak  appears i n   t h e  spectrum of 
t h e  free-stream flow at the  duct  resonant  frequencies at e i the r  Mach 



number in   f i gu re  8. When the  mass-flow r a t i o  is increased t o   t h e  maxi- 
mum obtainable, most of the  increase  in  power, at a = 0' and \cr = Oo, 
occurs i n   t h e  lower  frequency  range up t o  350 cps. No effect  of Mach 
number i s  noted  other  than  the  difference  in  the predominant  duct 
resonant  frequencies. 

The e f f ec t  of yaw on the  spectra of the  f luctuations i s  shown f o r  
each t e s t  Mach number at a = 0' and at mass-flow ra t ios  of approxi- 
mately 0.83  and  0.87 in   f igures  9(a) and g(b),   respectively.  ( A  loga- 
rithmic  scale i s  used for   the  ordinate   in   these  f igures . )  A change i n  . 
angle of yaw from Oo t o  5' or  -loo without  gloves on the  fuselage 
generally  resulted  in an  increase  in power over the  frequency  range 
from  about 100 cps t o  TOO cps,  with  the  greatest  increase  occurring at 
a yaw angle of -10'. A t  Mach numbers of 0.90 and 1.10, the  spectra 
obtained  with  the  gloves on the  fuselage  are  also shown in   f igures   9 (a)  n 

and 9(b),   respectively.  With gloves on, there i s  no appreciable  effect f 
of yaw on the  spectra of the  pressure  fluctuations at e i ther  Mach  number 
or  mass-flow r a t i o .  A t  the  subsonic Mach numbers, the peaks at the P 

fundamental  resonant  frequency and a t  harmonics are  small; however, a t  
the  supersonic Mach number of 1.10 large peaks sometimes appear i n   t he  
spectra  at   frequencies of approximately 250 cps and also at 500 cps. 

A t  a mass-flow r a t i o  of  approximately 0.52 and a Mach.nmiber of 
0.90, f luctuat ion measurements were made at various  angles of attack 
and an angle  of yaw of 0'. The spectra from these measurements are  
shown i n  figure 10( a) .  Decreasing  the  angle of a t t ack   t o  -4' had no 
appreciable  effect on the  spectra; however, when the  angle of attack 
i s  increased t o  loo, the  resonant peak a t  400 cps  doubled i n  amplitude. 
In   f igure  lO(b)   the  spectsm at a = 10' and I) = 5 . 2 O  i s  compared 
with  the  spectrum a t  a = Oo and JI = 0' at a Mach  number of 1.10 and 
a mass-flow r a t i o  of about 0.7. The combined ef fec t  of angle of attack 
and yaw resul ted  in  a general  increase  in power over  the complete f r e -  
quency range. The results  obtained  are  not  conclusive  since a complete 
range of measurements was not made, as previously  noted. 

Flow Distortions at Compressor Face 

In  order   to   correlate   the  f low  dis tor t ions  a t   the  compressor face 
with  the  fluctuating  pressure measurements, contour maps of total-pressure 
r a t i o   a t   t h e  compressor face  are shown in   f igures  11 and 12 at Mach nun- 
bers of 0.90 and 1.10, respectively. Comparison of contour maps with 
and vithout  gloves on the  fuselage i s  not shown, since no appreciable 
e f fec t  of gloves was noted in  the  values of total-pressure  ra t io  at the 
compressor face. 
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A t  a moderate  mass-flow ratio,  the  flow  appears  to be  uniform a t  
a = 0' and Jr  = Oo in   f igures  11( a)  and 12( a ) .  By comparing the con- 
tour maps a t  a moderate mass-flow rat io   with  those  a t   the  m a x i m u m  obtain- 
able mass-flow r a t i o  shown i n   f i g u r e s   l l ( c )  and 12(c)  a t  a = Oo and 
Jr  = Oo, it appears t h a t   a t   t h e  high mass-flow r a t i o   t h e  boundary layer 
has  thickened  appreciably on the  outer  walls of the  duct,   particularly 
near  the  top,  resulting  in  large  flow  distortions. A t  a yaw angle of 
-10' ( f ig s .  11( d)  and l2( d)  ), the boundary layer  has  thickened  primarily 
at the  top of the   l e f t   duc t .  A t  the  higher mass-flow r a t i o  shown i n  

. figure 11( d),   the  f low  distortion is  appreciable. A t  an  angle of a t tack 
of 10' the  flow i s  f a i r l y  uniform ( f i g .  11( b ) ) j however, the boundary 
layer has  thickened in   t he  lower portion of both  ducts. The combined 
ef fec ts  of yaw and angle of a t tack  ( f ig .   12(b)  ) have resul ted  in  an 
unsymmetrical  flow d i s to r t ion   i n   t he   l e f t  and right  ducts.  There appears 
t o  be no appreciable  effect of Mach number  on the  flow  distortions  as 
shown by comparing figure 11 with  figure  12. 

In  general,  the  increases  in  flow  distortions  at  the compressor 
face  for  the  larger  angles of attack and yaw and a t  the maximum obtain- 
able mass-flow r a t i o  correspond  with  increases in   t he  magnitude  of the 
pressure  fluctuations shown in   f igure  6. 

CONCLUSIONS 

An investigation of the   s ta t ic -pressure   f luc tua t ions   in   the   l e f t  
duct of a scale   inlet  model of a supersonic  fighter-boniber  airplane, 
made in   the  Langley 8-foot  transonic  tunnel,  at  angles of attack from -4O 
t o  10' and angles of yaw from -loo t o  5.2', leads  to  the  following 
conclusions: 

1. The  maximum (peak-to-peak)  values of the  pressure  fluctuations 
were comparatively low  and did  not exceed 4 percent of f ree-s t ream  total  
pre  ssure . 

2. No appreciable change with mass-flow r a t i o   i n   t h e  amplitude  of 
the  pressure  fluctuations a t  mass-flow ra t io s  below  0.80 was noted. A t  
mass-flow ra t io s  above 0.80, the amplitude of the  pressure  fluctuations 
increased as the mass-flow ratio  increased  with  the  largest  fluctuations 
occurring at the m a x i m u m  obtainable mass-flow r a t i o  which corresponded 
with  the  onset of  choke. 

3. A t  mass-flow ra t io s  above 0.80, the  amplitude of the  f luctuat ions 
increased  with  increasing  angle of yaw.  The gloves,  that were placed 
on the  sides of the  fuselage a t  Mach numbers  of 0.90 and 1.10 t o  reduce 
the  height of the boundary-layer diverter,  reduced  appreciably  the  effect 
of yaw on the  amplitude of the  pressure  fluctuations. 

P- 
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3 .  Smith,  Francis B.: Analog  Equipment  for  Processing  Randomly  Fluctuating 
Data.  Aero.  Eng.  Rev.,  vol. 14, no. 5, May 1953, pp. 113-119. L 

4. Mossman,  Emmet  A.,  Lazzeroni, F r d  A., and Pfyl, Frank A.: An Experi- 
mental  Investigation  of  the  Air-Flow  Stability  of a Scoop-me 
Normal-Shock  Inlet.  NACA RM A55A3.3, 1955. 

4. Power-spectral  analyses  of  these  data  indicate  considerable 
power  in  the  spectra  at  the  predominant  duct  resonant  frequency  at  each 
Mach  number.  When  the  mass-flow  ratio  is  increased  to  the maximum obtain- 
able  at a = 0' and Jr  = Oo, the  power  increased  primarily  in  the  lower 
frequency  range up  to 350 cps. 

5 .  No  appreciable  effect  of  Mach  number  was  noted  in  the  investi- 
gation  other  than  the  shift  in  the  predominant  resonant  peak  to  lower 
frequencies  with  increasing  Mach  number. 

6. An increase in  the  flow  distortions  at  the  compressor  face  is 
generally  associated  with  an  increase  in  the  amplitude  of  the  pressure 
fluctuations. 

Langley Aeronautgal Laboratory, 
National  Advisory  Committee  for  Aeronautics, 

Langlky  Field,  Va.,  March 26, 1957. 
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Figure 1.- Sketch of i n l e t  model. A l l  dimensions and fuselage  stations  are i n  inches. 
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I 



NACA RM L57C17 

Figure 2.- Basic configuration showing transition strip on fuselage. 
L-89261 



I 

(a) plan view. L-89411 

Figure 3.- Basic  configuration  showing  gloves  on  fuselage. 
w I-J 



( b )  Side view. 

Figure 3. - Concluded. 
L-89410 
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Figure 4.- Variation  of  total  duct  cross-sectional  area  with  fuselage  station. 
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Figure 5.- Typical  time  histories of pressure  fluctuations. M = 1.10. 
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Figure 6. - Variation of root-mean-square and maximum pressure-fluctuation 
coefficients with mass-flow  ratio. (Upper flags on symbols indicate 
gloves on fuselage, and lower flags on symbols indicate transition 
strip on fuselage. 
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Figure 7.- Effect of $ on the  pressure  coefficients on t h e   l e f t   s i d e  of the  fuselage  forward  of * R 
!z the   in le t .  Upper f lags  on symbols indicate  gloves on fuselage and  lower f lags  on symbols 

ind ica te   t rans i t ion   s t r ip  on fuselage. a = 0'. I? 
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(a) M = 0.90. 

Figure 8.- Power spectra of the  pressure  fluctuations i.n the tunnel and 
i n   t h e  model duct a t  a moderate  and a high mass-flow r a t i o .  T r a n s i -  
t i o n   s t r i p  on fuselage; a = 0'; 9 = 0'. 
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(b) M = 1.10. 

Figure 8 .  - Concluded. 
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Figure 9.- Effect of angle of yaw on the power spectra of the  pressure 
fluctuations  with and without  gloves on the  fuselage. a = Oo. - 
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(b) w/wm = 0.87. 

Figure 9.- Concluded. 
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(a) M = 0.90; $ = 0'. 

Figure 10.- Effect of angle of attack on the power spectra of the 
pressure  fluctuations. 
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(a) w/wm = 0.53; a = Oo; J r = o ,  0 .  (b) W / W ~  = 0.52; a = 10'; $ = 0'; 
average  static-pressure  ratio, average  static-pressure  ratio, 
0.92; average total-pressure 0.91; average  total-pressure 
ratio, 0.99. ratio, O& .97 

i 

I (c) w/wm = 0.89; a = 0'; $ = Oo; (d) w/w, = 0.84; a = 0'; $ = -10'; 

? 0.70; average  total-pressure 0.79; avera e total-pressure 
average  static-pressure  ratio,  average  static-pressure  ratio, 

ratio, 0- . 73 ratio, d *PI 
Figure 11.- Typical contour maps of total-pressure ratio at the 

1 
1.1 q compressor face at M = 0.90. 
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(a) w/wm = 0.70; a = o ; J' = 0'; 
average  static-pressure  ratlo, 
0.86; average  total-pressure 

0 

ratio, 0.98. L, 

(b) w/wm = 0.69; a = 10'; J' = 5.2'; 
average  static-pressure  ratio, 
0.83; average  total-pressure 
ratio, OM. . 73 

(c) w/wm = 0.87; a = Oo; J' = 0 0 .  , 
average  static-pressure  ratio, 
o .66; average  total-pressure 
ratio, ON. ,4/ 

(d) w p m  = 0.70; a = 0'; J' = -10'; 
average  static-pressure  ratio, 
0.85; average  total-pressure 
ratio, O x ;  gloves on fuselage. 

. ?3- 
Figure 12.- Typical  contour  maps  of  total-pressure  ratio  at  the 

compressor  face  at M = 1.10. - NACA - Langley Field, V 
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